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FLIGHT CONTROL SYSTEM HAVING A THREE
CONTROL LOOP DESIGN

TECHNICAL FIELD

[0001] The present invention relates generally to the field
of flight control systems for manned and unmanned aircraft
and specifically to systems configured for robustly improv-
ing flight performance.

DESCRIPTION OF THE PRIOR ART

[0002] Control of an unstable aircraft flight system, such
as a helicopter, has proven to be very challenging using
classic feedback control laws. One method for controlling a
helicopter employs purely classic feedback control laws, and
this method requires a significant amount of flight testing to
adjust individual gains to ensure the system’s stability. In
addition, flight quality depends upon adjustment of these
gains and the natural design of the helicopter. Improvement
of the system performances and maneuvers are limited, and
robustness of the flight control system may not be consid-
ered in this method.

[0003] Another method is classic feedback with optimal
gain search. For this method, the individual optimal search
algorithm needs to be manually computed to be added into
the system. When the flight performance is not as desired,
changing these gains takes time, which may delay flight
testing and increase engineering hours. The improved per-
formance for this method is also limited, and robustness of
the system is not guaranteed in this method.

[0004] Tt should be noted that by stabilizing the whole
system, the designer needs to introduce many error correc-
tions and gain-scheduling techniques. However, while trying
to stabilize the system and also guide the aircraft in all
maneuvers, the classic feedback control laws may need to
fine tune all gains so that the control laws can complete their
objectives. This method does not lead to the development of
sufficiently robust control laws.

SUMMARY OF THE INVENTION

[0005] There is a need for a flight control system that
provides for an improved flight control system having a
three control loop design.

[0006] Therefore, it is an object of the present invention to
provide a flight control system that provides for an improved
flight control system having a three control loop design.

[0007] A flight control system is configured for controlling
the flight of an aircraft utilizing a three control loop design
to robustly increase system performance. An inner loop
comprises an improved linear quadratic regulator (LQR)
search method, and an outer loop comprises a classic feed-
back summary gain design. A third loop comprises a steady
state trim search method.

[0008] The present invention includes significant benefits
and advantages, including: (1) increasing handling qualities
and performance for piloted aircrafts; (2) increasing robust-
ness for unmanned aircrafts; (3) reducing flight test time; (4)
reducing flight control law development time; (5) providing
for easily applied intelligent portion for unmanned control;
(6) providing for the system to be easily understood and
implemented by engineers; and (7) using all advantages
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from classic feedback and modern control methods and
eliminating their disadvantages.

BRIEF DESCRIPTION OF THE DRAWINGS

[0009] For a more complete understanding of the present
invention, including its features and advantages, reference is
now made to the detailed description of the invention taken
in conjunction with the accompanying drawings in which
like numerals identify like parts, and in which:

[0010] FIG. 1 is a schematic view of a flight control
system according to the present invention;

[0011] FIG. 2 is a schematic view showing block diagrams
of portions of the system of FIG. 1;

[0012] FIG. 3 is a graph showing aircraft states plotted
against airspeed for a system using a LQR method;

[0013] FIG. 4 is a graph showing aircraft states plotted
against airspeed for a system according to the present
invention;

[0014] FIG. 5 is a flow chart showing the LQR method
according to the present invention;

[0015] FIG. 6 is a graph showing the location of closed
loop eigenvalues for longitudinal motions for different air-
speeds;

[0016] FIG. 7 is a schematic view of the pitching angle
steady state trim control law according to the present inven-
tion;

[0017] FIG. 8 is a graph showing aircraft states plotted
against airspeed for a system according to the present
invention, the graph showing the enlarged stability from use
for the trim search method;

[0018] FIG. 9 is a schematic view of a portion of the
system of FIG. 1;

[0019] FIG. 10 is a schematic view of a portion of the
system of FIG. 1;

[0020] FIG. 11 is a schematic view of a portion of the
system of FIG. 1;

[0021] FIG. 12 is a plot showing an example of a square
flight path used in simulations using the system according to
the present invention; and

[0022] FIGS. 13 through 16 are plots showing the simu-
lated flight of an aircraft using the system according to the
present invention and following the flight path of FIG. 12.

DESCRIPTION OF THE PREFERRED
EMBODIMENT

[0023] The present invention is directed to a three control
loop flight control system configured for automatically con-
trolling the flight of an aircraft. One purpose of the present
invention is to make an open-loop unstable aircraft system
stable by: (1) making the system stable first; (2) allowing the
aircraft to be capably guided to any waypoint with any
required airspeed; and (3) allowing the aircraft to save
control effort for possible maneuvers.

[0024] The three control loop design of the present inven-
tion will robustly enlarge the stability of the aircraft control
laws. Instead of using classic feedback control law, the
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present invention enhances the system by: (1) leaving the
strongest portion of classic feedback control system; and (2)
introducing two other control laws to handle the natural
weakness of classic feedback control law. The present
invention saves flight test periods and shortens the time
required to design control laws. Use of the three control
loops has been as capable of making unstable aircraft to be
not only stabilized but also guided and navigated, whereas
the pure classic feedback control laws cannot even stabilize
the system.

[0025] The present invention applies three control tech-
niques to stabilize, guide, and navigate the aircraft at the
same time. All control techniques are pre-programmed. In
this way, the present invention reduces gain search and
adjustment efforts from development to flight test. In addi-
tion, the invention ensures the aircraft will have the best
performance and handling quality by satisfying eigenvalue
and damping ratio criterion, as well as eigenvalue and
eigenvector bound per fast and slow frequency. The maneu-
verable relationship between lateral, longitudinal, and con-
trol power are extremely improved. The control effort for
standard simple maneuvers is essentially reduced through
the use of a steady state trim search control loop.

[0026] Aircraft control, guidance, and navigation are
implemented by a group of linear models, which are com-
puted from aerodynamic analysis. The aerodynamic analysis
input is generated from wind tunnel data with computational
fluid dynamics information. The linear models generated
have been shown to provide the closest agreement between
the flight test and real time simulation. Therefore, as the
design concept has been shown to be fully controllable with
very good maneuvers in the simulation, it can be employed
to guide the helicopter to anywhere at any speed and at any
altitude. In order to improve flight maneuvers and perfor-
mance and increase robustness of the system from technical
experience, classic flight control laws are re-designed and
divided into three portions.

[0027] Referring to the figures, FIG. 1 is a schematic view
of one embodiment of the flight control system according to
the invention. System 11 comprises three loops: inner loop
13; outer loop 15; and steady state trim loop 17.
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[0028] Inner loop 13 is introduced from optimal modern
control concept with best phase margin and gain margin
concept to achieve stabilization of the system. To accom-
plish the best phase margin and gain margin design, an
algorithm based on eigenvalue, eigenvector, and damping
ratio from time domain approach is employed.

[0029] Outer loop 15 is inherited from the classic feedback
control laws. This portion is improved through a summary
gain design, wherein instead of adjusting individual gains,
the summary gain design is employed to shorten gain
selection. The main purpose of this outer loop is to guide the
helicopter to desired yaw angle, roll angle, airspeed, and
altitude.

[0030] Steady state trim loop 17 is used to automatically
search for the best trim conditions at any flight conditions in
order to save control effort for other flight maneuvers.
Steady state trim search control law design is employed in
steady state trim loop 17 to find the best flight condition
under any one of the following objectives: (1) altitude rate,
h, to be close to zero for level flight or a constant value for
steady state climbing; (2) roll rate, p, to be close to zero for
level flight or a constant value for level turn in higher
airspeed; and (3) yaw rate, r, to be close to zero for level
flight or a constant value for level turn in lower airspeed.
Therefore, the flight control laws will automatically catch
the trim flight, such as: steady state level flight; steady state
coordinate turn; steady state climbing while airspeed is
fixed; and steady state increasing airspeed while altitude is
held. By utilizing the present invention, the system will
always fly close to its trim condition. When control effort
required for steady state trim is minimized, the remaining
control authority allows the aircraft to fly more difficult
maneuvers.

Definition of Simulation Block Diagrams

[0031] Names and explanations of individual block dia-
gram used in the simulation of the system of the invention
are shown in FIG. 2 and tabulated in Table I below. Each
block diagram may contain more than one control, guidance,
or navigation logic element.

TABLE 1

Block Diagram definition

No Block Name Purpose

1 AircraftSS Aircraft State Space equation of motion from
analysis

2 Sensors_ Jack Aircraft six degree of freedom nonlinear
equations of motion.

3 Climb_ Formula Computing the helicopter velocity U from u, v,
and w. Use U to generate angle of attack, a,
and climb angle, y, from pitc angle, ©.

4 Actuators There are four actuator dynamic functions in

Control__Switch

Display

this diagram. They are Pedal, Lateral,
Longitudinal, and Collective actuators. All
actuators are with their limiter.

This diagram is used to manually switch
several modes. This diagram is like switch
panels on a remote cockpit station.

This diagram is employed to display all
internal state variables used for the
simulation.
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TABLE I-continued

Block Diagram definition

No

Block Name

Purpose

12

13

14

15

16

17

18

19

20

21

22

23

24

25

26

27
28

29

NavSensors

RolISCAS
RollAttd
RollHdgHold
HdgSelect

TurnCoord
RollOuter
Feedback Lat

PitchSCAS

PitchATTD

Speed

AltitudeVS

AltitudeSel

PitchOuter

Feedback_Long

YawSCAS

YawOuter

CollOuter

Hover
ModeLogic

Navigation
Interactive_ Cont

Delta_ H_ Function

NavSensor is similar to aircraft’s Flight
Management System (FMS). FMS contains
three portions: Flight Plan, VNAV, and
Waypoint NAV.

RolISCAS guidance system

Roll Attitude Hold function

Heading Hold while rolling

This block is to compute the heading from
desired input so that the helicopter will fly to
the desired heading during higher airspeeds.
This block is to maintain steady state turn at
airspeeds higher than 45 knots

To determine where the roll command
feedback is coming from.

LQR control feedback for stabilizing lateral
control input

Pitch moment command for guidance purpose
Several gains need to be adjusted correctly so
that the PitchATTD will be held. These gains
are: Q__gain, T_q_ gain, T_ gain, T_ fdbk gain,
T__counter_ Gain, Turn_ Coord_q_ gain.
Several gains need to be adjusted correctly so
that the Speed will be held. These gains are:
Spd__Ax_ gain, Spd_udot_ gain,

Spd__TAS_ gain, Spd__Counter_ Gain,
SPD__Sum__Gain, SPD__slew__Gain.

Several gains need to be adjusted correctly so
that the Altitude_ VS will be held. These gains
are: Alt_q_ gain, Alt T_ gain, Alt Nz_ gain,
Alt_slew__Gain, Alt_slew_ Gainl,
Alt__Sum__Gain, Alt_ Pitch_ VS_ Gain,
Coll_Cmnd__VS__Gain.

This block is used to generate Alt Track and
Alt_ Capture Boolean command for ensuring
that Altitude in under tracking within =20 feet.
These values are determined by two

constants in the block.

This block is to determine whether the system
pitch moment shall come from Hover or
Pitch_ VS or Pitch_ Long.

LQR is used to generate the necessary
Longitudinal feedback gain to stabilize

Long motion so that the guidance system will
focus on its own rule and not on the system
stabilization.

This block is used to determine whether the
YawSCAS shall get the necessary control
calculation from Yaw-Ped (low speed) or from
Roll emnd (High speed).

This block is used to make helicopter turns at
low speed. The following gains need to be
adjusted correctly: Psi__Ay_ gain, Psi_ r gain,
Psi_ r_sum_ gain, Psi_ CRS_ gain, Psi_ R_TF,
Psi_ Ay TF

Used to determine if the collective shall
provide its control for hover or speed or Alt.
There is one gain from Coll_ TF, which can be
used to adjust the force produced from
coll__controller.

This block is used to determine x, y, and z
distance for hover condition.

Used to determine which mode shall be on
and off with all aircraft conditions.

This block is used to make helicopter turn.
Used like remote control stick to make
helicopter to go to the desire heading,
airspeed, and altitude. Turn on/off manual
switches to make helicopter to go the desired
values.

Used to compute the difference from u, v,

and w for future function.
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TABLE I-continued
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Block Diagram definition

No Block Name Purpose

30 Theta__Guidance
state value by LQR method.
31 Ay_ Guidance
state value by LQR method.
32 Phi__Guidance
state value by LQR method.
33 Psi__Guidance
state value by LQR method.
34 w__Guidance
state value by LQR method.
35 ss_ Selection_ Fdbk
steady state trim values for all guidance

blocks. Because of this design, the system

Used to ensure Theta will go to the steady
Used to ensure Theta will go to the steady
Used to ensure Theta will go to the steady
Used to ensure Theta will go to the steady
Used to ensure Theta will go to the steady

Uses gain schedule theory to provide the

will easily reach its steady state values while

keeping the control effort to minimum.

[0032] Block diagrams (1)-(7) model basic aircraft sys-
tems, which are well known in

[0033] Block diagrams (8)-(13), (15)-(20), and (22)-(24)
are designed based on classic feedback laws. These dia-
grams are to work as helicopter guidance systems.

[0034] Block diagrams (14) and (21) are developed from
Linear Quadratic Regulator (LQR). While developing LQR
control laws for inner loop system, decoupling of longitu-
dinal and lateral functions is applied. In addition, separation
of control laws with gain-scheduling control per true air-
speed for LQR to actuators is also implemented.

[0035] Block diagrams of (6) and (25)-(27) are the intel-
ligent portion of the system with avionics flight management
system (FMS) for waypoint selection and navigation.

[0036] Block diagram (28) is worked as a remote flight
control panel. It will allow remote pilots to input flight
information, and the combination of this diagram with
Display diagram (6) will form a remote ground station
display system.

[0037] Block diagrams of (29)-(35) are for Steady State
Trim Search Loop 17 (FIG. 1). These diagrams are gener-
ated based on LQR model matching technology to search for
the best steady state trim values in any flight conditions.

Inner Loop Stability Analysis and Control

[0038] Open loop eigenvalues of aircraft are often
unstable. In order to avoid repeatedly adjusting all gains to
make all open loop systems stable, a LQR technique is
employed to achieve this goal quickly. However, there are
several techniques also being employed to simplify the
process of finding good control gains for the system so that
the model can be stable on the bigger nonlinear stable
domain. As shown in FIG. 3, LQR will allow the nonlinear
helicopter system to be stable in, for example, small regions
19, 21, 23 immediately from its open loop unstable system.

[0039] In order to enlarge aircraft stability from a small
region to a belt type of plane, full model decoupling,
separation of control laws, and gain scheduling technique
are applied, so that the stability of the system will be
expanded. For example, FIG. 4 shows expanded stability
region 25.

[0040] The sequence process and computation methods to
expand the stability region are represented by the flow chart
depicted in FIG. 5. Block 27 represents the linear models
derived from aerodynamics analysis and wind tunnel data,
and block 29 shows the separation of control laws into flow
paths for longitudinal and lateral component. The longitu-
dinal motion input, represented by block 31, passes to
longitudinal LQR block 33 and then to gain scheduling
block 35. Likewise, the lateral motion input, represented by
block 37, passes to lateral LQR block 39 and then to gain
scheduling block 41. The outputs from each of these paths
are then regrouped in block 43.

Decoupling Full Model

[0041] A linear model of aircraft can be obtained from
aerodynamics data, and a group of linear models can be
developed based on its airspeed. These linear models can be
represented as follows:

X=d, X+BU

Y=C,X where k=0, 1,2 ..., 0rj (€8]
where X is the state variables, (u, v, w, 0, {, p, g, )T, U is
control vector, (éped,ébng,élat,é}mu)T, Y is performance out-
put vector, XT, u, v, w, p, q, r, A, A, N)T. Ay, A, A, are
the state matrices with k=0 for hover, k=1 for 10 knots and
k=2 for 20 knots, respectively. Total model, j, selected for
computation depends on the maximum airspeed of aircraft.
B,, B,, B, are the control matrices, and C,, C,, C, are the
performance output matrices. Please note that dimension of
(Ag, A;, A,) is 8x8, dimension of (B, B, B,) is 8x4, and
dimension of (C,, C,, C,) is 17x8. Since these matrices are
large and contain coupling terms of lateral and longitudinal
motions within these matrices, it is difficult to determine the
best performance LQR control gains for all at the same time.
In order to overcome these issues, the full model in equation
(1) is decoupled first. After decoupling lateral and longitu-
dinal equations of motion, equation (1) can be transformed
to Lateral equation of motion:

xlat_ 4, ety B Tt et

Yl X" where k=0, 1,2 ..., 0r] )
Longitudinal equation of motion:

).ilong= 4, orExionz, B lonay flons

Ylore—C, levexlong where k=0, 1,2 ..., 0r 3)
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where X" is (v, ¢, p, 1)", X'*"8 is (u, w, 0, q), U™ is
(Bpeasd1ay) > and ylene ig (Byomng-Ocon) - A and A l°"2 are
4x4 matrices, B, and B, '°"2 are 4x2 matrices, and C,'* and
C, "¢ are simplified to be 4x4 and 4x4 matrices, respec-
tively. This implies that only state variables are employed to
provide LQR full state feedback control laws.

[0042] After the full aircraft model (1) is decoupled to
lateral (2) and longitudinal (3) motions, the effect of cou-
pling terms between lateral and longitudinal motions can be
reduced to minimum, while applying LQR to stabilize the
system.

Improved Linear Quadratic Regulator (LQR)

[0043] Linear quadratic regulator (LQR), also known as
optimal control law, has attracted plenty of attention in the
aircraft industry since it was used on the General Dynamics/
Lockheed Martin F-16 as its major feedback control system.
The objective of LQR state regulation is to drive any initial
condition errors to zero, thus it guarantees the stability of the
system. To achieve this goal, the lateral and longitudinal
control inputs, U™ and U™"€, generated from (2) and (3),
apply state feedback control laws as follows

U =Kttt @)
leng__longxlong 5)

to minimize lateral and longitudinal cost functions or per-
formance indexes of the type

min{Jk” _ %fom(xlaﬂ' O Xt & yral leular)d[} @

1 e 5
mm{ Jlong _ 5 f (XlongT Otone xlong | ULongT ngulong) dt} ®)
0

where state weighting matrices (Q,,, and Q,,,,) are symmet-
ric positive semi-definite and control weighting matrices
(R, and Ry, )are positive definite with matched dimensions
for state variables and control inputs.

[0044] Tt is very important to select a good performance
criterion that will provide good stability and time responses
for all control gains simultaneously. The following steps are
experienced and summarized to find these best performance
indexes for aircraft inner loop optimal state feedback control
laws:

[0045] a) Initially set (Q,, and Q) to be very small
positively diagonal values

[0046] b) Set (R, and Ry,,,.) to be identity matrices

[0047] c) Adjust (Qy, and Qy,,.) only and leave (R,,, and
Rjong) to be identity

[0048] d) Set the weighting coeflicients related to its
angular rate or speed states to be a multiple of 10 times its
angles or distance states; for example, q,=10-q, and
q,=10-q,,, where q is local weighting coefficient

[0049] e) After rules of (d) are set, multiply a constant
positive value for weighting matrices to adjust all coef-
ficients at one time
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[0050] f) Check eigenvalues of closed loop and open loop
systems and ensure individual eigenvalue shift is not too
large

[0051] g) After all eigenvalues are close to the desired
values, fine-tune the individual weighting coefficients to
make improve performance

With the above weighting selection rules, the optimal con-
trol gain generated from these weighting matrices will
make the system stable for individual airspeeds, as shown
in FIG. 3. Therefore, the optimal state feedback control
gains from the weighting matrices (Q,,, and Q,,,) and
(R, and R,,,) can be determined as

Kla‘=_R1a«7lBla«TPla« (6)
Klong:_Rlong71BlongTPlong 7
where (P,,, and P, ) are symmetric positive definite and

satisfy the following algebraic Riccati equations (ARE)
APy Py A4 0y P Ry B Py =0 ®)

T T
long long, long —1plong

A4 PiongtPiongd "B+ Qlong=PlongB  ERiong B -

Prong=0 ©)

with the following constraints

[0052] i) (A", B'™") and (A!°"g, B'°"€) are stabilizable

0053] i) (A™, Q") and (A€, Q,_,..""?) are detectable
2

[0054] iii) (Q, and Q,,,,) are symmetric positive semi-
definite and (R,,, and R,_,) are symmetric positive defi-
nite

lat lon,

Note that individual eigenvalues of the linear system from
the above process can be shifted to the certain specific
region. For example, FIG. 6 shows all eigenvalues loca-
tions for airspeed on hover, 40 knots, 80 knots and 120
knots for longitudinal motion. This figure clearly shows
that eigenvalues of all four different linear models are
moved to very close regions 45, 47. Therefore, the guid-
ance system used to direct the aircraft to any altitude,
airspeed, and direction will not need to be gain schedul-
ing.

Separation of Feedback Controls

[0055] In order to save control effort while stabilizing the
system, separation of control laws is applied. The first
control law is called “inner loop control” which applies LQR
to stabilize the open-loop system as described above. After
LQR state feedback control inputs for lateral and longitu-
dinal motions are developed, these control inputs are fed
back thru Actuator diagram (4). Instead of adding the whole
vector by LQR method, the controls are separated per their
feedback targets. For example, (U,', U,'") are for yaw and
lateral controller, respectively, and (U,'°"8, U,'°"#) are for
longitudinal and collective controller, respectively. These
controllers (U,™, U,'*) and (U,'°¢, U,'°"#) are a portion of
its total control. Total actuator shown in Actuator diagram
(4) not only allows the system control from LQR, but also
classic feedback guidance control and the steady state search
method. Separation of total individual control can be divided
into four or five portions as shown in Table II.
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TABLE 1I

Separation of control

Controller
Motion Control Name Purpose
Yaw Control Ulat__Ped LQR stabilization
Yaw__Act_ Cmnd Classic guidance system
Psi. Cmnd_ Ped Steady state trim search for 1
Pedal  Trim Initial trim pedal value
Roll Control ULat_ Lat LQR stabilization
Roll__Act_ Cmnd Classic guidance system
Phi_ Cmnd_ Ped Steady state trim search for ¢
v_Cmnd_ Lat steady state trim search for v
Lateral_Trim Initial trim lateral value
Longitudinal ULong Long LQR stabilization
Control
Pitch_ Act_ Cmnd Classic guidance system
Theta_ Cmnd_Long  Steady state trim search for 6
w_ Cmnd_ Ped Steady state trim search for w
Long Trim Initial trim longitudinal value
Collective Ulong_ Coll LQR stabilization
Control

Coll__Act_Cmnd
Theta_ Cmnd_ Long
z_ Cmnd_ Long
Coll__Trim

Classic guidance system
steady state trim search for 6
Steady state trim search for z
Initial trim collective value

With this separation of control inputs, each controller has its
own objectives. Aircraft control is simplified and special
maneuvers are now possible.

Algorithm of LQR Gain Scheduling Values

[0056] Stabilization and guidance of fixed wing aircraft or
helicopters just using one feedback is difficult at best and
may take a significant amount of time to find a proper
feedback gain that can control the system within a small
region. To avoid searching the right gains per phase margins
and gain margin from classic feedback control laws, gain
schedule method calculated from LQR is applied to save this
effort. It is shown that the feedback gains generated from
LQR always provide the best performance because it mini-
mizes an energy cost function. In addition, all eigenvalues
will be shifted to the desired region, and the guidance law
gain scheduling can be avoided. Plotting various eigenval-
ues, eigenvectors, and damping ratios with respect to their
various airspeeds will allow the designers to find a stable
belt region in the global region for the system.

[0057] In order to complete this kind of task, the system
needs to be divided into several segments. In this applica-
tion, the open loop system is separated into several segments
per airspeeds at hover, 10 knots, 20 knots, etc. LQR control
gains generated from these airspeeds can be specified per
formulations from the Improved LQR discussion above. In
order to ensure all gain schedule values of the closed loop
eigenvalues generated from these LQR methods will be
within the best stable and performance region, eigenvalues,
eigenvectors, and damping ratios of all three LQR closed
loop systems are employed to complete this evaluation and
investigation. The following algorithm is employed to com-
plete this search:

[0058] a) Obtain LQR feedback for airspeed=0, 10 and
20 knots, etc.

[0059] b) Compute eigenvalues, eigenvectors and
damping ratios of closed loop systems from Step a) for
all cases.
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[0060]
stable.

¢) Check eigenvalues, and ensure they are all

[0061] d) Check open loop eigenvalues and closed loop
eigenvalues, and ensure that the closed loop eigenval-
ues did not be move too far away from their open loop
eigenvalues.

[0062] e) Check eigenvectors, and ensure the directions
of all three are the same direction and within a toler-
ance, A. The formulation of this tolerance will be
discussed in equation (10) below.

[0063] f) Check all damping ratios, and ensure they are
all damping ratios greater than 0.5.

[0064] g) If Steps a) thru ) are satisfied, stop and set
these feedbacks as gain schedule values, which will
provide the system is not only stable but also has very
good performance.

[0065] h)If Steps a) thru f) are not satisfied, adjust LQR
weighting matrices until Steps a) thru f) are satisfied.

The eigenvector tolerance, A, shown in Step e) is formu-
lated as

Ao r=IVo=vil Skl =2 (10)

where v, and v, are related individual eigenvectors from
airspeed at hover and 10 knots, A, and A, are its
eigenvalues, and constant value, k, depends on fast
mode or slow mode of the system. For fast eigenvalues,
since absolute eigenvalues of fast mode are much larger
than that of the slow mode, K is set to be 0.2|A4| and «
is set to be 0.5|A| for the slow mode. With these
settings, the changes of eigenvector and eigenvalue set
will be limited within the desired paths and values.
Therefore, these eigenvectors and eigenvalues can be
used for gain scheduling to keep the aircraft flight
within desired performance.

Steady State Trim Search and Control Laws

[0066] In order to save control effort for the system, the
second loop, steady state trim search control laws, is applied.

[0067] 1t is assumed that in the state space nonlinear
region, there is a set of steady state values, which will make
the system to have

[0068] 1) Altitude rate, fl, close to zero for level flight or
a constant value for steady state climbing.

[0069] 2) Roll rate, i), close to zero for level flight or a
constant value for level turn in higher airspeed.

[0070] 3) Yaw rate, f, close to zero for level flight or a
constant value for level turn in lower airspeed.

The objective of steady state trim search control laws is to
find a set of feedback controllers such that the aircraft
will follow the steady state trim values to automatically
catch the trim flight. For example:

[0071] Steady state level flight

[0072] Steady state coordinated turn

[0073] Steady state climbing while airspeed is fixed

[0(1)17411(]1 Steady state increasing airspeed while altitude is
eld.
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If the aircraft satisfies this kind of trim flight, the control
after each guidance function or during the guidance
function will always follow the steady state trim value
flight. This implies that the system will save its control
efforts during the above flights, since the system does
not need to waste any control effort to hold extra forces
or moments for altitude, airspeed, or angle of attack, or
roll angle, or side slip angle, etc.

[0075] In order to achieve the above goals, a LQR model
technique with command generator method is applied. How-
ever, instead of using a differential equation as command
generator, the steady state trim value with its initial trim
condition is employed as the command generator in the
invention. The difference between current flight state, steady
state trim value and initial trim condition is set to be the
tracking error, which is minimized or reduced to zero while
in the steady state condition.

[0076] FIG. 7 illustrates the pitching angle steady state
trim control law. The original initial trim condition is 6, the
desired steady state trim value from aerodynamic analysis is
0., and the total pitching angle error per time step in the
system will be 0_,,. Note that the system disturbance rejec-
tion design is also included in this diagram, denoted as d,.
A feedback command generator is used to provide the
necessary control effort to move initial trim to steady state
trim.

[0077] 1t is denoted that all initial trim values are evalu-
ated for trim search control technique. These steady state
trim values are transferred to a gain schedule table based on
various airspeeds, and an example table is shown in Table
11

TABLE III

Example helicopter trim table

State Airspeed Value Feedback Controller
v Hover 0 Roll actuator
40 Knots -0.0690
80 Knots -0.1970
W Hover 0 Collective actuator and pitch
actuator
40 Knots 2.170
80 Knots 5.425
0 Hover 1.5930  Collective actuator and pitch
actuator
40 Knots 1.7130
80 Knots 2.3040
¢ Hover -3.3630  Roll actuator
40 Knots -1.9460
80 Knots -2.0760
P Hover 0 Yaw actuator
40 Knots 0
80 Knots 0

To make the system performance follow steady state refer-
ence, the tracking error will satistfy:

€9=(0,,+0-0¢)+dg (10)

When transfer function of (11) applies for command gen-
erator, the modified tracking error equation will be trans-
formed to

€o=Eg~1lp an
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where € is the modified tracking error with respect to
pitching angle, 0. It is assumed that the command generator
is of the form of closed loop aircraft system as

X, =4 X, +B
Z,=HX, 12)

where X, and Z,, are steady state search state and output
variables. Note that 0 is just one of performance outputs for
example. It is very important to know that the command
generator model is selected very close to the closed loop
system of aircraft, where A_ is re-grouped from

A" =AB\ongRions ' Blong' Plong t1d A;7'=A-B1,R-

g ne e P ‘ a3
Closed loop eigenvalues of (13) are all stabilized from the
inner loop equations.

[0078] Combination of the state equation and command
generator results in

Ae D[ X (14)
=[0 ACHXH

0
B,

. X
X = +

. }'#=XCY+R¢#
Xy

The command generator along with LQR design is used to
achieve the steady state loop design. It is assumed that the
command generator control input satisfies the following
differential equation:

'll'+a1;1+a2;.1+a3=0 (15)
Therefore, its characteristic polynomial will be
Jls)=s>+a S +arstay (16)

Note that eigenvalues of the above characteristic polynomial
are pre-selected to be very stable.

[0079] Multiplying (14) by f,(s) (16) and assuming

E=f (9)K=+a,X+a,X+a,X 17

N (u=Frap (18)
results in

é=Ac§+Buﬂ 19

Therefore, the modified tracking error on (11) can be trans-
formed to

Julsyes[-C CIE=CE (20)

where C is the matrix represented from the state and its trim
variables and € are all modified tracking errors. Therefore,
this error motion can be represented in the following canoni-
cal form

0 1 0 0 (2D
&= 0 0 1 |e+ E‘§=F8+G§
—a; —a, -a
e=[100]-¢
[0080] In order to achieve small error guidance without

using too much control energy, state and command generator
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equations (19-20) are augmented with the above error rep-
resentation (21) as:

22

[0081] In order to transform the above problem into LQR
design, the cost function of the above system is designed as

J 1f°°{[ £-0 TR }m @
= = £ 8] Qpy- Ry
£=3 ), £ ¢ 7 £
where

1 07711 0 (24)
ee=| _|and Rpp =1
et [0 c} [0 c}an ¢

Therefore, the solution of the control system will have the
optimal tracking error controller as

s} (25)

n= _BTKS—:S[
3

where K_ is the solution of the following Riccati equation
ATK 4K A +Qe Ko BogRes B Ko =0 (26)

The above Riccati equation provides positive definite sym-
metric solution, because the system is stabilized first for all
models. In addition, the model is from a canonical form of
the error tracking polynomial. Therefore, the second LQR
increases stability of the system not only in steady state trim
but also in control authority and disturbance rejection in the
loop. This is shown in FIG. 8 as wedge-shaped stability
region 49.

[0082] Note that the above calculation can be simply
programmed into the software as long as the original closed
loop system is determined from the search routine in the
inner loop. Therefore, the program to design the steady state
search loop is interconnected with respect to the search
routine in the inner loop to perform all at the same time,
reducing the required engineering time in computing these.

Outer Loop Classic Guidance Design

[0083] This present invention improves the design of a
flight guidance system (FGS) using classic feedback loop on
the outer loop of the system. Both military and commercial
requirements, as well as regulatory agencies, are considered,
and customer inputs and Federal Aviation Administration
(FAA) regulatory data are assumed to be pre-required and
shall be considered in the design of flight guidance control
systems.

[0084] Adjustment of individual control gain is dependent
on its relative aerodynamic coefficients and associated con-
trol gains. The rules of adjusting these gains are not fixed. In
order to correctly adjust these gains, several rules are needed
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so that the same mistakes are not repeated each time in the
classic feedback guidance design. Since the inner loop LQR
gain schedule design has stabilized the closed loop system,
classic feedback control laws are mainly for guidance pur-
pose. Of course, if the classic feedback laws will increase the
stability of the system while performing very good guidance
function, this kind of classic feedback control laws will be
considered first. However, it has been observed that in
high-speed flight conditions there are very few control gains
that will make the system stable without employing LQR
gains.

[0085] Since the closed loop is stable, adjustment of
classic feedback gains can be simplified to emphasize
increased guidance power. It has been determined that
adding all their related gain values together and multiplying
with a summary gain can increase guidance performance.
This way of implementation may not work by the pure
classic feedback control laws, but this method is one of the
powerful initiations in guidance system with the present
LQR design.

[0086] The methods of how to adjust these gains will be
analyzed and discussed below per importance of individual
block based on military or FAA requirements.

Directional and Lateral Guidance Control

[0087] Lateral path control can be accomplished over the
full flight envelope of any conventional helicopter or air-
plane through roll attitude commands alone. Depending on
forward speed and the nature of the yaw axis, commanded
roll attitude will result in a heading rate for cruise flight or
sideslip for hover or low speed flight. For aircraft equipped
with direct lateral thrust control capability, low speed guid-
ance performance will be highly enhanced through the
proposed method.

Heading Control

[0088] For cruise flight, desired heading can be captured
and tracked through roll attitude commands proportional to
the heading error. The heading reference is typically pro-
vided from a selector knob on the FGS control panel.
Heading error scheduled gain could be avoided as a function
of true airspeed or groundspeed from the above LQR
method. Therefore, it will become very easy to maintain an
approximately constant ratio of commanded turn rate to
degrees of heading error. No additional damping terms will
be required using the proposed method. Important features
of'a heading select control system include attitude command
limits for consistent maximum turn rates (standard rate is
typical) and simplified command rate limiting and filtering
for optimum ride qualities.

[0089] FIG.9 is a diagram of the YawSCAS [(22) in Table
i] and shows the potential of yaw heading guidance control
during low speed flight. The yaw guidance for fast speed and
lower speed in the figure is determined by a switch called
Y_Attsw 51. When Y_Attsw 51 logic is true, it is assumed
the aircraft is at a low airspeed. Therefore, turn coordinate
function is off. The guidance system to make aircraft turn
will mainly contribute from yawing control instead of roll-
ing. In other words, the rolling command will pick up.

[0090] This switch on or off is determined by a signal
called Turn_Coord_On 53 which is shown in FIG. 10 on the
diagram for RollHdgHold [(10) in Table I]. Determination of
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switching on-off Turn_Coord_On 53 is dependent on the
true airspeed (TAS) logic shown on RollHdgHold (10)
diagram. When TAS is between 35 and 40 knots, the system
is on a hysteresis loop, depending on whether airspeed is
decreasing or increasing. Yaw heading control in low speed
is assumed that TAS is lower than 40 knots, which refers that
Turn_Coord_on=0, and Y_Attsw=1.

[0091] Since improved LQR method has shifted all eigen-
values to the desired positions, the control gains used in this
diagram are fixed and gain scheduling is avoided. In addi-
tion, all employed gain values have a ratio between 1/10 and
1/4. Again, this helps a designer to save time in adjusting
these gains in the flight field.

[0092] When Y_Attsw=1, Yaw_Actr_Cmnd 55 (FIG. 9)
gets its value from Psi_plus_r 57, the value of which value
is determined by YawOuter [(23) in Table I]. The diagram of
YawOuter (23) is shown in FIG. 11. All gains on the
YawOuter (23) diagram need to be pointed to the correct
direction so that Yaw in the low speed region will be guided.

[0093] The first gain value discussed here is
Yaw_Ay_Gain 59. Without Yaw_Ay_Gain 59 feedback, the
system will diverge (during steady state turn or circle mode)
when LQR Yaw Feedback control is not used. The sum of
Ped_control will be very hard to keep in the unchanged
value (zero). Usually, this gain value is set to be positive
1/10 to 1/4 of Psi_r Gain 57 value.

Lateral Navigation Control

[0094] Lateral path guidance to a VOR or Localizer navi-
gation source is accomplished by feeding back lateral devia-
tion (cross-track error) into a heading-stabilized roll control
loop. Here, the heading reference is the desired course to be
followed. The angular VOR deviation signal should be
converted to pseudo-linear cross track distance by use of
DME or other appropriate estimate of distance to the trans-
mitter. Localizer deviation may be linearized by use of radar
altitude whenever glideslope control is concurrent, with
maximum usable sensitivity being dependent on sensor
noise content. Use of supplementary sensors (inertial, air
data, e.g.) as available without complementary or optimal
state filtering is highly admissible with the present design.
When the navigation system is expected to overfly a VOR
station, the system design should include an automatic
dead-reckoning mode to take over when the indeterminate
area of coverage (“zone of confusion”) is encountered. Of
particular importance in a lateral path guidance implemen-
tation is the capture sequence. Unlike pure classic feedback
system, the proposed design can be automatically held in
heading select mode.

FMS Navigation Control

[0095] Off-the-shelf Flight Management Systems (FMS)
typically provide a pre-processed “composite” roll attitude
steering output, which supplants the necessity for detailed
control law implementation in the FGS. However, the
adequacy of such commands can be avoided for the intended
application, in particular where the steering output may have
been tailored to a different class of aircraft or speed enve-
lope. Limiting and filtering characteristics of the composite
command should be examined for suitability to the appli-
cation and supplemented in the FGS as necessary.
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Lateral Go-Around Function

[0096] Lateral Go-Around (also sometimes referred to as
Missed Approach or Egress) for the lateral axis consists of
establishing a suitable lateral path or heading for exiting the
landing area. Typically, maintaining heading existing at
engagement is considered acceptable. Subsequent turning to
the preset missed approach heading is typically accom-
plished by engagement of the heading select mode at pilot
option. With the present invention, the lateral heading will
preferably be automatically engaged when mission is
missed.

Vertical Guidance Control

[0097] Guidance of the vertical flight path of a helicopter
or VIOL aircraft, such as a tiltrotor, is accomplished
through pitch attitude or power commands, depending on
the flight regime. At cruise speeds, climbs and descents are
best achieved by changes in pitch attitude, whereas at low
speeds (below Vy), control can only be affected through
power (vertical thrust) changes. Depending on the applica-
tion and cost goals, a thrust axis can be implemented
automatically so that the coupling effect from lateral and
longitudinal motions as well as disturbance can be reduced
to minimum.

[0098] The vertical FGS are designed to provide a smooth
transition between control strategies at the appropriate air-
speed (or other parameter, such as thrust angle, as appli-
cable). Barometric vertical velocity, preferably comple-
mented with inertial vertical velocity or acceleration,
typically forms the basis of all vertical path control modes.
Path errors (altitude, glide slope, etc.) are closed around this
inner loop, thus providing a vertical velocity reference or
command. The percentage of accuracy of vertical flight path
capture can be reached to 99.9 in the present invention. This
is attributed to separation of control law design in helping
guidance accuracy.

Vertical Velocity Control

[0099] Implementation of vertical velocity select/hold
mode requires the generation of a vertical velocity error
feedback comprised of the difference between a reference
and vertical velocity for climb and descent commands. The
reference is preferably supplied by a selector knob (or
wheel) located on the FGS control panel or through a “beep”
switch located on a control stick grip (preferably the power
lever) that slews a reference integrator within the FGS. Rate
and magnitude limits are designed on the reference consis-
tent with the maneuver limits desired. Synchronization of
the reference to existing vertical velocity will be engaged
automatically. The accuracy of vertical velocity synchroni-
zation is higher than 99 percent by using the method of the
invention.

Altitude Control

[0100] Implementation of altitude control modes consists
of generating a reference altitude, subtracting this reference
from existing altitude, and providing the error as a reference
(command) to the vertical velocity control loop. Altitude
hold mode will store the value of altitude existing at engage-
ment as the reference. Altitude pre-select mode employs the
reference to be supplied externally, usually from a knob on
the FGS control panel or the altitude instrument panel
display. The method for implementing pre-select control is
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to arm the mode and continue in a climb/descent mode
(vertical speed e.g.) until the selected altitude is neared. An
asymptotic capture is automatically programmed as a func-
tion of altitude closure error, followed by automatically
switching to altitude hold. Maneuver limiting provisions for
vertical speed mode is applied for altitude control as well,
except more restrictive limits on maximum allowable ver-
tical speed may be appropriate.

Vertical Glideslope Capture

[0101] Implementation of a glideslope control law is simi-
lar in structure to altitude hold, although somewhat higher
tracking gains are desirable. For conventional ILS systems,
which provide angular deviation signals, conversion of the
errors to linear displacement is needed, typically using radar
altitude to estimate distance from the transmitter. Since
staying on the glideslope requires maintaining a descent
rate, the vertical speed command includes a down command
bias based on horizontal speed so that no steady state
glideslope error will be required to achieve the descent. As
in lateral navigation, the capture sequence is designed to
produce an asymptotic acquisition of the beam without
overshoots or undershoots.

Vertical Transition-to-Hover

[0102] Approach to hover in the vertical axis consists of
setting up a controlled descent to the desired radar altitude.
The descent angle is dependent on operational requirements,
with approximately six degrees being typical for helicopters
or tiltrotor aircraft. The altitude rate reference is computed
based on horizontal ground speed to achieve a constant
angle glide path, concluding in a closed loop flare to the
established height above ground or water. Capture and track
of the final altitude is similar to that used for altitude
select/hold. Radar altitude can be complemented with iner-
tial vertical acceleration or velocity to eliminate effects of
noisy signals and/or terrain variations.

Vertical Go-Around

[0103] Vertical go-around mode consists of establishing a
climb rate that is sufficient to exit the landing area in a safe
manner. A fixed vertical velocity reference is usually suffi-
cient, with 750 ft/min being typical. If the mode is engaged
at speeds below Vy, the command will need to be delayed.
However, it has been ensured that the desired climb angle
can be achieved and maintained without exceeding power
limits programming horizontal speed to the system.

Longitudinal Guidance Control

[0104] Longitudinal guidance consists of controlling air-
speed or groundspeed along the x-axis of the vehicle. Like
the vertical axis, control is usually through pitch attitude or
power commands, depending on flight condition. At speeds
below Vy, speed control is typically accomplished by com-
manding pitch attitude changes. Thrust vector angle or direct
longitudinal thrust modulation (if available) are also effec-
tive for low speed control. At cruise, power modulation is
effective for maintaining desired speed. Transition between
control strategies is linked with the vertical axis, exchanging
between pitch and power control simultaneously for both
longitudinal and vertical modes.

Airspeed/Ground Speed Control

[0105] Implementation of speed select/hold mode requires
the generation of a velocity error feedback comprised of the
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difference between a reference and current speed to provide
accelerate or decelerate commands. For airspeed control,
pitot-derived airspeed is complemented with inertial longi-
tudinal acceleration. Depending on vehicle characteristics, a
moderate level of acceleration feedback is employed to
attain desired stability levels. The reference is supplied by a
selector knob located on the FGS control panel, or through
a beep switch located on a control stick grip (preferably the
cyclic stick), which slews a reference integrator within the
FGS computations. The reference is rate and magnitude
limited consistent with the maneuvering limits desired. With
this design, the accuracy of airspeed control is higher than
99 percent.

Longitudinal Transition-to-Hover

[0106] Automatic approach to hover in the longitudinal
axis is implemented by controlling groundspeed in a prede-
termined manner. If termination of the approach is to be at
a specific (geographic) position, distance to the hover point
is used to control the deceleration initiation and magnitude
such that zero velocity is reached simultaneously with zero
distance. The speed reference is commanded at a rate
consistent with the desired maximum deceleration rate (typi-
cally 1 to 2 knots/second). If the hover point is not specific,
the pilot can initiate the approach at any time, whereupon the
velocity reference is commanded to zero at a constant rate,
again consistent with the desired maximum deceleration
rate.

Longitudinal Go-Around

[0107] Go-Around in the longitudinal axis is implemented
by commanding a controlled acceleration to the optimum
climb speed. The controlled parameter may be either
groundspeed or airspeed as appropriate for the particular
approach mode being aborted. All control law parameters
established for speed control and transition to hover are also
applicable to go-around.

Discussion and Results

[0108] In the old classic feedback control laws, propor-
tional-integral-derivative (PID) method is applied to not
only control the aircraft but also stabilize the system. Feed-
back to the individual performance may repeatedly be
employed for the other performance to achieve stabilization,
guidance and navigation. Since integral gains are used,
washout out functions and limiter release logics are neces-
sarily employed to avoid control surfaces quickly hitting
their detent values for protections. Therefore, in military
specification, as long as frequencies of slow mode eigen-
values is very slow, negative damping ratios are under
certain values, the system can still exist in the old classic
feedback control laws design. When asking for precision
control, the ability of this kind of control method may or
may not achieve this goal, depending on aircraft’s structural
and aerodynamic design.

[0109] The proposed method is to employ the other two
assistances from LQR to allow the aircraft system to achieve
precision control even that the open loop system is not
within military category. Therefore, the trim condition,
disturbance rejection and handling qualities scale ratio can
all be considered as requirements in this three loop control
laws design. Therefore, the performance in guidance, navi-
gation and stability are extremely improved.
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Improved LQR Method

[0110] The advantages of proposed method in improved
LQR:

[0111] 1. Shift all closed loop eigenvalues and eigen-
vectors to the desired positions and directions for all
models from k=0, 1, 2 . . . , or j. Therefore, all
characteristics of individual states will perform simi-
larly.

[0112] 2. All gain values are pre-programmed using
search algorithm. The engineering time of searching all
gains will be reduced. The time to switch to another set
of gains values is also shortened.

[0113] 3. It will ensure that the closed loop eigenvalues
and eigenvectors are all located on handling quality
level scale 1.

[0114] 4. Since all gains from improved LQR are sta-
bilized, simplified classic guidance law will not need to
do the gain adjustment or gain scheduling any more.

[0115] 5. Simplified classic feedback gain can be used
for all models in guidance loop.

Steady State Search Method

[0116] The advantages of proposed method in steady state
search method:

[0117] 1. Allow the aircraft to fly the natural trimmed
conditions at all times. Therefore, the additional control
authority that would be used for balancing trim values
can be reserved.

[0118] 2. Since no zeros at the poles of disturbance
rejection model are in the search method, a certain
degree of disturbance rejection is achievable.

[0119] 3. Simultaneously achieving guidance, naviga-
tion, stability, and control of aircraft under the optimal
performance with disturbance rejection. Therefore, the
accuracy of guidance functions is extremely improved.

Classic Guidance System

[0120] The advantages of the methods of the invention in
classic feedback method:

[0121] 1. The feedback states for certain functions in
guidance loop can be eliminated. Since LQR has sta-
bilized the closed loop system, the old classic feedback
states to make the system stabilized can be eliminated.
This will simplify the guidance loop to be more con-
cise.

[0122] 2. This loop will ensure the aircraft follows the
best trim condition on all necessary maneuvers.

[0123] 3. This loop will increase the control authority
for all other loops.

[0124] 4. This loop will increase aircraft stability in
steady state level flight.

[0125] 5. This loop will help to steady state error
correction.

Simulation Results

[0126] UAV simulation results are employed to illustrate
the potential of the proposed system of the invention. FIG.
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12 shows a square flight path 61 used in the simulation. This
type of flight path might be used for a rescue searching
function or similar mission. The aircraft flies from waypoint
#1 at origin 63[located at (0,0)], then sequentially flies to
waypoints #2, #3, #4, and #5 on the perimeter of flight path
61 before returning to waypoint #6, which is also at origin
63. In the simulation, when the aircraft flies to each way-
point, it will transform its flight on the waypoint to a circle
mode until the ground station ensures that no victim is
located near that waypoint.

[0127] UAV simulation results are shown on FIGS. 13, 14,
15 and 16 for different searching speeds and searching
square sizes. FIG. 13 shows the results of a flight at 80 knots
around a flight path 4 miles on each side, FIG. 14 shows the
results for a flight at 65 knots around a flight path 10 miles
on each side, FIG. 15 is for 45 knots around a 4-mile square,
and FIG. 16 is for 25 knots around a 2-mile square. Note that
for airspeed higher than 40 knots, the turn coordinate
function will be automatically turned on. Therefore, on each
waypoint, circle mode will be performed until next waypoint
is triggered. It is shown that UAV accomplishes its mission
with higher than 99 percent accuracy of the waypoint
capture on all six waypoints on all three cases where the
airspeed is higher than 40 knots. Furthermore, the circle
function is very well performed on each waypoint. Note that
when flying circle mode, the aircraft altitude is also moving
up and down to allow version system to explore any angle
around the search region. Even with control surface changes
in the vertical portion, the UAV still shows very positive
flight. All guidance gains employed to accomplish the above
flight are not gain scheduling, which means they are not
changed. Therefore, it can be observed that gain-scheduling
function is avoided on the guidance loop.

[0128] Note that disturbance model is also added in the
simulation system. When moving wind disturbance up to 10
knots on x and y directions, the aircraft is still performing
very robust. Even with wind disturbance being increased to
as high as 25 knots, the aircraft can still accomplish its
mission without any, assistance from other control algo-
rithm.

[0129] Pure classic feedback control laws are also inves-
tigated in this model. It is recognized that classic feedback
control laws require immediate attention for waypoint cap-
ture, and it can lose its flight path very easily. Flight control
surfaces can reach their limits very easily because the open
loop of the selected aircraft model is very unstable. When
classic feedback control laws are going to

[0130] (1) Stabilize the system,

[0131] (2) Do the guidance and navigation of aircraft,
and

[0132] (3) As well as maintain natural flight trim con-
ditions,

without gain scheduling, these functions become impos-
sible. In addition, finding these gain values becomes
time consuming and may not succeed.

The reasons for the proposed method easily accomplish-
ing this mission are

[0133]

sions

1) Using three control loops to achieve its mis-
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[0134] 2) Each loop performs its own best capability
[0135] 3) Each loop will not affect other’s performance

[0136] 4) All closed loop eigenvalues from improved
LQR method are located closely each other.

[0137] 5) All close loop eigenvectors are having the
same directions.

[0138] 6) All trim values for search loop are from its
natural performance.

[0139] 7) Steady state error accumulation does not
exist.

[0140] 8) Classic feedback is for guidance purpose.

[0141] FIG. 16 illustrates the effects when the helicopter
flies slower than 35 knots and the turn coordinate function
is off. The circle function does not exist under this condition.
When asking the helicopter to do the search function on each
waypoint, the aircraft will either transfer this mode to circle
mode or an 8 mode. However, in either mode of flight the
aircraft maintains its waypoint capture and square search
mission.

[0142] In an alternate embodiment of the present inven-
tion, two LQR’s, or one LQR and one H-infinity control, or
two H-infinity controls, are utilized instead of one LQR plus
classic feedback. However, this alternate embodiment may
have the following disadvantages: (1) increase complexity
of approach; (2) visibility of simulation of the whole system
may be lost; and (3) individual guidance control law may be
lost. Nevertheless, the steady state trim search control law,
which is not found in any other control system, is retained.

[0143] Inside the rotorcraft industry, the present invention
could be used on all manned or unmanned helicopter to
robustly enlarge flight stability and improve flight quality.
Outside the rotorcraft industry, this invention can also be
applied to the fixed-wing aircraft, unmanned aerial vehicles,
submarine autopilot systems, and other control systems.

[0144] The present invention includes significant benefits
and advantages, including: (1) increasing handling qualities
and performance for piloted aircrafts; (2) increasing robust-
ness for unmanned aircrafts; (3) reducing flight test time; (4)
reducing flight control law development time; (5) providing
for easily applied intelligent portion for unmanned control;
(6) providing for the system to be easily understood and
implemented by engineers; and (7) using all advantages
from classic feedback and modern control methods and
eliminating their disadvantages.

[0145] While this invention has been described with ref-
erence to illustrative embodiments, this description is not
intended to be construed in a limiting sense. Various modi-
fications and combinations of the illustrative embodiments,
as well as other embodiments of the invention, will be
apparent to persons skilled in the art upon reference to the
description.

1. A flight control system for controlling the flight of an
aircraft, the system comprising:

a first feedback loop using a linear quadratic regulator
search method;

a second feedback loop using classic feedback control
laws; and
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a third feedback loop comprising a steady state trim

search method.

2. The flight control system of claim 1, wherein the first
feedback loop is an inner loop.

3. The flight control system of claim 1, wherein the first
feedback loop achieves stabilization through use of an
optimal phase margin and gain margin.

4. The flight control system of claim 1, wherein the first
feedback loop achieves stabilization through use of an
optimal phase margin and gain margin and wherein the first
feedback loop utilizes an algorithm based on eigenvalue,
eigenvector, and dampening ratio from time to determine the
optimal phase margin and gain margin.

5. The flight control system of claim 1, wherein the first
feedback loop utilizes at least one of full model decoupling,
separation of control laws and gain scheduling.

6. The flight control system of claim 1, wherein the first
feedback loop utilizes at least one of full model decoupling,
the full model decoupling comprising decoupling a full
aircraft model into longitudinal and lateral motions.

7. The flight control system of claim 1, wherein the
second feedback loop is an outer loop.

8. The flight control system of claim 1, wherein the
second feedback loop utilizes summary gain.

9. The flight control system of claim 1, wherein the
second feedback loop automatically holds lateral path guid-
ance in a heading select mode.

10. The flight control system of claim 1, wherein the third
feedback loop automatically searches for an optimal trim
condition at any flight conditions.

11. The flight control system of claim 10, wherein the
third feedback loop searches for the optimal trim condition
based on altitude rate.

12. The flight control system of claim 10, wherein the
third feedback loop searches for the optimal trim condition
based on roll rate.

13. The flight control system of claim 10, wherein the
third feedback loop searches for the optimal trim condition
based on yaw rate.

14. The flight control system of claim 10, wherein the
third feedback loop utilizes a linear quadratic regulator
method with a command generator to determine the optimal
trim condition.

15. The flight control system of claim 10, wherein the
third feedback loop utilizes a linear quadratic regulator
method with a command generator to determine the optimal
trim condition, the command generator comprising a steady
state trim value with an initial trim condition.

16. The flight control system of claim 10, wherein the
third feedback loop utilizes a linear quadratic regulator
method with a command generator to determine the optimal
trim condition, the command generator comprising a steady
state trim value with an initial trim condition; and

wherein a difference between a current flight state, the
steady state trim value, and the initial trim condition is
set as a tracking error.

17. The flight control system of claim 1, wherein a lateral
heading is automatically engaged when a landing approach
is missed.

18. The flight control system of claim 1, wherein the first,
second, and third feedback loops are pre-programmed.
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19. A method for controlling the flight of an aircraft, the
method comprising:

stabilizing open loop systems utilizing a linear quadratic
regulator search method;

guiding the aircraft utilizing classic feedback control
laws; and

automatically determining optimal trim conditions utiliz-
ing steady state trim search control law.
20. A method for controlling the motion of a vehicle, the
method comprising:

applying a linear quadratic regulator search method to a
first set of inputs in a first feedback loop;

applying classic feedback control laws to a second set of
inputs in a second feedback loop; and
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applying steady state trim search control laws to deter-
mine optimal trim conditions.
21. A flight control system for controlling the flight of an
aircraft, the system comprising:

an inner feedback loop, the inner feedback loop using one
of a linear quadratic regulator search method or an
H-infinity control;

an outer feedback loop, the outer feedback using one of a
linear quadratic regulator search method, an H-infinity
control, or classic feedback control laws; and

a third feedback loop comprising a steady state trim
search method.





